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6.5-mCH-DUWETIZRRAM-JET~GllIE

By Arthur H. Hinners, Jr., and Douglas H. Foland

SUMMARY

A 20° semiangle conical-inlet ram-jet engine having a desi~ Mach
number of 2.13 was tested in free supersonic jets at Mach numbers of 1.8k,
2.06, and 2.21.to determine its inlet and combustion performance over a
fuel-air ratio range of approxiwtely 0.010 to 0.097. Comparisons are
made with inlet cold-flow tests at Mach numbers of 2.00 and 2.25.

A flight investi~t ion of this sfie engine was made by using a super-
sonic twin-engine ram-jet test vehicle. Ram-jet performance data were
obtained over a Mach number range of 1.76 to 2.61 and an altitude range
from 1,400 to 63,602 feet using ethylene (W4 ) as a fuel. Although the

ram jet buzzed from a Mach number of 1.76 to 1.85, the engine was able to
sustain ccmibustionand the engine thrust was sufficient to accelerate the
model. A maximum gross thrust coefficient of 0.78 was reached at a free-
stream Mach number of 2.36. Ram-jet burnout occurred at a Mach number of
2.48. After burnout the vehicle coasted to a peak altitude of 105,000 feet.

lkdnnn total-pressure recoveries of 0.88, 0.80, and 0.77 were
obtaiged at free-jet Mach numbers of 1.8h, 2.06, and 2.21”,respectively,
in preflight combustion performance tests. MaxiWm total-pressure recove-
ries of 0.85 and 0.7’8were obtained at free-jet Mach numbers-of 2.00
and 2.25, respectively, in cold-flow tests. Max5mum thrust coefficients

I of 0.77, 0.87, and 0.91 were attained at free-jet Mach numbers of 1.8k,
2.06, and 2.21, respectively. Maximum values of air impulse efficiency
and combustion efficiency were 96 percent and @t percent, respectively,
near a fuel-air ratio of 0.03. The lowest value of specific fuel con-
sumption was 2.4 at a Mach number of 2.06.

Increases in thrust coefficientaf 20.3 percent and 6.2 percent at
fuel-air ratios of 0.06 and O.@, respectively, were found at a test Mach
number of 2.00 over values of thrust coefficient attained with an engine
of identical design except for a 25-percent smaller capture area.

.——.— .’.— —.—— -——— .-. ---
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INTRODUCTION

Test results of a 20° semiangle central-body-type ram-jet engine
reported in references 1 and 2. A modification of this emine in

A

Acowl

Ae

which the capture area was increased by approximately 25 percen~ to
improve the thrust performance at the design Mach number has been flight-
tested as a twin-engine ram-jet test vehicle and was reported in refer-
ence 3. This model was launched at an elevation angle of no, and flown
along a zero-lift trajectory.

Another twin-engine ram-jet vehicle has been flown along a zero-lift
trajectory from a launching angle of 600. The engines of the present
test were similar to the engines of reference 3 except that the exit noz-
zle contraction ratio was 8 percent ~er. The results of this test
are presented in this paper.

In order to obtain more detailed information about the performance
of this modified engine, cold-flow and combustion free-jet tests were made
in the preflight jet of the Langley Pilotless Aircraft Research Station at
Wallops Island, Va. The results of these tests at 0° angle of attack and
0° angle of yaw are also presented in this paper.

SYMBOLS

cross-sectional area of duct, sq ft

projected inlet frontal area, sq ft

entrance area to diffuser defined along surface perpendicular
to cone surface from cowling lip, sq f%

%

(f%)c

(GP)
—

c

combustor-force coefficient, based on combustion-chamberarea

(o.231sqft), cc .4

w

drag coefficient

specific heat of products of combustion at constant pressure,
Btu/lb %

mean specific heat of products of combustion at constant pres-
sure, Btu/lb OR

,



NACA RM L53H28

()Cp ~

()Fp
m

CT

D

Dt

d

F

f/a

G

G’

H

All

P

R

Re

specific heat of fuel-air mixture
Btu/lb ‘R

at constant pressure,

mean s ecific heat of fuel-air mixtwe at constant pressure,

TBtu lb %

thrust coefficient, based on combustion-chamber area

drag, lb

tare drag, lb

diameter, in.

engine thrust, lb

fuel-air ratio, weight rate of fuel flow to weight rate of
air flow

acceleration due to gravity, 32.2 ft/sec2

actual jet propulsive force, lb

ideal jet propulsive force, lb

total pressure, lb/ft2 abs

heat release for ethylene as a f&ction of the temperature
rise, Btu

lower heating value of ethylene, 20,400 Btu/lb fuel

mechanical equivalent of heat, 778 ft-lb/Btu

Mach number

measured air mass flow through duct, slugs/see

air mass flow through a
inlet capture area at

static pressure, lb/ft2

universal gas constant,

stream tube of area equal to the
free-stream conditions, slugs/see

abs

53.3 ft/~

Reynolds number, based on cowl lip diameter

/

___ .._.-_ ———.— —— .—.—— ——— -——.-
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radius of duct at measuring

air specific impulse, sec

ideal air specific impulse,

fuel specific hpulse, sec

station, in.

sec

free-stream static temperature, ‘R

static temperature of products of combustion, %

total temperature of products of combustion, %

to+al temperate of fuel-air mixture entering cotiustion
chamber, ‘R

velocity, f%/sec

weight flow of air, lb/see

weight flow of fuel, lb./see

distance from cone tip (positive downstream), in.

force measured on thrust stand, lb

ordinate of total-pressure tube measured radially from center
line of model, in.

ratio of specific heats, 7 = 1.4

ratio of specific heats of products

Ahcombustion efficiency, —
Wfhc

air impulse efficiency, %0
‘lo ‘

density, slugs/see

ratio of jet impulse at any station
sonic station

of combustion

to the jet impulse at a

. — —
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Subscripts:

o

1

2

3

4

5

6

7

8

9

10

1

SL

free stream

a point station behind conical shock

cone surface

station of minimum internal area or diffuser throat,
0.0677’Sq ft

conibustionrake station, 0.1533 sq ft, or cold-flow rake
station, 0.1520 sq R .-

diffuser exit station, combustion performance model,
0.l&t4 sq ft, or cold-flow model, 0.1921 sq ft

cold-flow choking station, M6 = 1.00

cold-flow simulated combustion exit station, 0.1892 sq ft

combustion performance
0.2310 sqft

combustion performance

cold-flow exit choking
model nozzle exit

local point station

model static pressure station,

model nozzle throat, O.lg@t sq ft

station and combustion performance

s’ea-levelstandard condition

MODELS

Preflight Tests

Three photographs of the ram-jet engine and a sketch of the models
tested are presented as figures 1 and 2, respectively. The overall.
length of the ram-jet engine with combustion chamber was 50.69 inches,
with a maximum diameter of 6.60 inches. The conical inlet utilized a
20° semiangl.econe which proaected 3.02 inches forward of the inlet lip.
The Mach number at which the oblique shock from the innerbody cone tip
intersects the cowl lip is commonly called the design Mach number of the
inlet, which for the subject engine was 2.13. The contraction ratio &/A3

—- —.—...Z—.—+ —.—. .——.—z — .—— _..—- .—.
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WaS1.16. Coordinates
in table I. The ratio
lip diameter is 0.68.

The in.nerbodywas
diametrically opposite
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of the central body and the inlet cowl are given
of the central-body maximum diameter to the cowl-

supported and centered in the inlet cowl by two
circular-arc struts. Fuel lines passed through

one of the support struts to transport fuel from outside the model to
inside the imerbody and from there to the burner which attached to the
after end of the innerbody. The fuel-cooled “donut” burner, fuel-spray -
assembly, and combustor shell were all constructed of Inconel and are more
completely described in reference 2.

For cold-flow tare drag tests, the donut burner of the combustion
model was replaced with a rod which supported a tail plug (fig. 2(b)),
which fixed the outlet area for each test. Appropriate plug diameters
were selected to give variations in diffuser back pressure.

For cold-flow tests a variable-exit-area attachment shown in fig-
ure 2(c) was used to regulate the mass flow. Rakes and static orifices
were installed as shown.

The station notation used in data presentation and analysis is shown
in figure 3.

tail

Flight-Test Vehicle and Engines

The flight-test vehicle with twin-ram-jet engines installed on the
surfaces and the double-rocket booster are shown on the zero-len@h

launching rack in figure l(d).

The principal dimensions and general arrangement of the test vehicle

are shown in figure 2(d). The vehicle was 15 feet ~ inches long and

weighed 24z$ pounds including 22 pounds of fuel.

The two ram-jet engines which were mounted on the horizontal tail
surfaces were the same as the ground-test engine previously described,
with the exception that the overall len@h was 47.20 inches long due to

3a shorter combustion chamber and the exit nozzle was > inches in diame-
4

ter rather than 6 inches in diameter. The exit-nozzle contraction ratio
was therefore 0.785 and the expansion ratio, 0.760.

Ignition of the engines was accomplished by means of a starting disk
and two electric delay squibs in each engine after take-off. The fuel
used was ethylene @4) and the fuel system was similar to that used in

the model of reference 3. The fuel flow was to be regulated by an
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electrically operated valve, but the regulator failed to function. As a
result the &ilve opened to the full-opened position
and remained open during the entire flight.

INSTRUMENTATIONAND ‘~s

Preflight Tests

shortly after ignition

Total pressure at the diffuser exit station (station 5) in the cold-
flow model was determined by 19 total-pressure tubes located across the
diameter, perpendicular to the innerbody support struts. The static pres-
sure was detemined by two wall static orifices and two rake static probes.
A small rake at station 4 consisted of six total-pressure tubes, one wall
static orifice, and one static probe. This rake was located at 45° from
the plane of the innerbody support struts. Twelve static orifices were
located on the model innerbody, equally spaced from a position of
x—=

( )
0.446 to ~= 1.135 ~= O at cone tip .

d5 d5 d5

The combustion model had a manifolded rake at station 4. The five
tubes of this rake were spaced at radial stations of equal area, and
were sll connected to a common pressure chamber within the rake. This
chamber pressure was measured to obtain an approximate average total
pressure. These tubes were individually measured during tests at
~ .2.21 to determine the Mach number profil.e. Static-pressure orifices

were located at stations 4, 5, and 8.

During tare-drag tests, the engine was mounted on a force balance
and instrumentationwas instalJed to determine the internal drag. Two
manifolded rakes were located at station 7. Two rakes were located
radially 90° apart and 45° from the plane of the inner-body suppoti
struts. The measured chamber pressures of the two rakes were arithmeti-
cally averaged to obtain average total pressure at this station. A
static orifice was also located at this station. A static-pressure ori-
fice in the tail plug allowed measurement of the base pressure.

Thrust measurements were made with a strain-gage beam balance. Meas-
urements of the fuel-flow pressures and fuel temperatures were obtained
with electrical pressure pickups and thermocouples. Other measurements
made were: the free-stre.m total pressure in the settling chamber just
before.the free-jet supersonic nozzle, the free-jet stagnation tempera-
ture, and the stream static pressures along a wall parallel to the axis
of the
either
ups of

of
free-jet nozzle. AIL pressures were measured and recordedby
mechanical-optical pressure recorders or electrical pressure pick-
the strain-gage type with oscillograph recorders. Time histories

—.—— _ — .——_.. .——.—————
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were obtained on fib and paper records which were time-correlated by a
10-cycle-per-secondtimer. Observations of the flow were made by a
shadowgraph system and were photographed at an exposure of approximately
0.003 second.

The free-jet supersonic nozzles were calibrated from static-pressure
measurements along the nozzle wall from the throat to the nozzle exit,
from total-pressure measurements of the flow at and near the nozzle exit,
and from measurements of the oblique-shock angles in shadowgraph pictures
of the free-jet flow over cones.

Flight Test

An NACA 10-channel telemeter measured free-stream pitot stagnation
pressure, free-stresm static pressure (at a point on the body ~ fi~eters
from the base of the conical nose), longitudinal acceleration, the setting
of a linear-control-positionindicator (fuel-controlvalve), and the
static pressure at both stations 5 and 8 (fig. 3) in both the left and
right engines. The telemeter recorded data throughout the flight to a
time of about 170 seconds.

Continuous-waveDoppler radar near the launching site was used to
measure velocity of the test vehicle for the first 40 seconds of the
flight. The flight~ath of the vehicle was obtained by NACA modified
SCR-584 tracki~-m~r.

A
off to

balloon carrying a
obtain atmospheric

.radiosondewas released immediately after take-
conditions.

TESTS AND M121!HODS

Preflight Tests -.-

The
Aircraft
12 by12

tests were made in the preflight jetof the Langley Pilotless
Research Station at Wallops Island, Va. Nozzles which were
inches sqyare were used for free-jet Mach numbers of 2.00

and 2.25. Round nozzles of 8-inch diameter were used for jet Mach num-
bers of 1.84, 2.M, and 2.21. The ram-jet inlet cowl was located within
the Mach diamond or wedge of the nozzle. The model throughout all tests
was at OO’angle of attack and 0° angle of yaw. The variation of static
temperature and Reynolds number based upon the cowl entrance diameter of
4.42 inches is presented in table II. Approximate sea-level static pres-
sure was maintained during the tests.
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The average total-pressure recovery at stations 4 and > was deter-
mined in the cold-flow variable-exit tests by integration of the measured
profiles as follows:

The

and

‘o Ho

The mass-flow ratio ml% was ,obtainedby use of the expression

w %+cowlv”
t

u

i
P*1+7 ~ M02Acowl

2

then used to determine average values of M&

values of mm and the measured values of the

above expression was

~ by using faired

static press&e at stations 4 and 5.

In the tare-drag tests choking plugs were used which allowed deter-
minantion of the choking area at the exit of the model. By substituting
the pressure ratio and Mach number for M = 1 at station 10 and the
pressure ratio for each free-jet Mach number
equation, it becomes

m ~HIO A1o
.=— —

, % Ho Acowl
“.-.

where .

in the mass-flow ratio

7+1

The average total-pressure recovery H7/Ho was determined at sta-

tion 7, and negligible losses were assumed between stations 7 and 10.

Again, from the faired values of “m/~ with the measured values of

static pressure, the Mach nuiber was determined at stations 4 and 5.

—— .- —... — ——— ——– — —.—— .—— ——.--—— ---
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In the reduction of the data it was found that the total-pressure
measurement of the manifolded rake at station 4 in the combustion model
yielded an error in total-pressure ratio H4/Ho of as much as 8 percent

as compared to the measured total-pressure ratio H7/H0. The value of

the total pressure at station 4 (and station 5 during combustion tests)
was determined, therefore, from the previously discussed calculated Mach
number and the measured static pressures.

Because stations 4 and 5 are not at exactly the same area in the
conibustionand cold-flow models, one-dimensional-area relations are used
to correct the Mach numbers calculated at stations 4 and 5 in the com-
bustion performance tests to the areas of stations 4 and 5 of the cold-
flow model.

The combustion tests were made by using technical grade ethylene

(c@4) as a fuel. A thrust-drag balance was used to determine the thrust

of the engine. Since the engine was large relative to the size of the
nozzle, the etiernal drag would be different from that which would be
obtained in flight. This external drag – henceforth called tare drag –
could be determined on the thrust-drag balance in cold-flow tests, as the
engine air mass flow could be duplicated by the series of fixed-area
plugs used. The thrust of the ram-jet engine is given, then, by (ref. 2)

(F=X+~=~o-Poy&2A0 +A1o
)

where the exit-jet propulsive force is

%0= ‘a9@(M)wa

where

Wa =%

The ideal exit-jet propulsive force is

‘lo’ = ‘ag ‘@(M)wa

and, therefore, air hpulse efficiency is

%0
Vi =.=

10
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As shown in the

. ‘@jQ-jj&-jj:?w

a~endix, the combustion efficiency is

11

Ram-jet starting and fuel-regulation techniques employed for the
combustion-performancetests were the sme as outlined in reference 2.
In addition, fuel supplied to the engine was passed through a hot-water
jacket to keep the ethylene fuel within the critical temperature range.

Fuel was programed to the engine in .5to 7 steps in fuel rate, each
step increase in fuel rate being held constant for approximately 1 second
to permit fuel flowto attain e

T

ibrium. l?uelrate was thus increased
from a starting rate

(
g = 0.02 until,buzz occurred and then was

decreased in steps until lean burnout was accomplished.

Flight Test

The flight test of the rsm-jet vehicle was also conducted at the
Langley Pilotless Aircraft Research Station at Wallops Island, Va. The
vehicle was launched at a 600 elevation angle and was accelerated to
~ = 1.76 by the double-rocket booster. Ignition of the rsm jets

occurred at ~ s 1.58 approximately 2.5 seconds after take-off. Booster

separation occurred at 3 seconds, and the test vehicle then accelerated to
a velocity of 2,548 feet per second, corresponding to a peak Mach number
of 2.61, at a time of 23.5 seconds. Combustion was sustained to an alti-
tude of 63,600 feet. Burnout occurred at 36.IJ_and 36.38 seconds for the
right and left engines, respectively, at a Mach number of ~ = 2.48.

The vehicle coasted to a peak altitude of’approx-tely 105,000 feet. A
trajectory of the flight is presented in figure 4 up to a time of 120 sec-
onds. Mach number and time are indicated slong the flight path.

The model throughout the flight flew slong a zero-lift trajectory.
The Variationof the static-pressure ratio, static-temperature ratio
(relative to standard sea-level conditions), and Reynolds number per foot
as a function of the flight Mach numiberis presented in figure 5.

The Mach number of the model was determined by velocity measurement
by continuous-waveDoppler radar. The flight path of the model was deter-
mined by NACA modified SCR 584 radar. The speed of sound was calculated
from Information obtained from a radiosonde bslloon. Atmospheric pressure
was checked by a static orifice on the missile body 12 diameters downstream
from the base of the nose cone. The Mach number was further verified by a
free-stream pitot stagnation probe.

_ ——.._. — — .—.— — ——. —..— . .. .
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Static pressure was measured at station 5 in both ram-jet engines.
The mass flow into the engine was determined by m = p&OVO where AO

was obtained from the ground-test results by assuming no throttling.
From the mass flow’and the measured static pressure at station 5, the
Mach number at station 5 was determined. From the pressure ratio corre-
spending to the Mach number, the total pressure was determined.

As the fuel control failed to operate as designed, but instead
opened to the full-open position, ground tests were made on a shilar
fuel tank in which the control was operated as a quick-opening valve and
a simulated fuel rate was detemrlned. This simulated”fuel rate was then
used to determine the model weight change due to fuel consumption.

The net thrust, defined as the actual net propulsive force, was
then determined from the longitudinal acceleration and the vehicle mass .
corrected for fuel consumption. Net thrust coefficients were then deter-
mined by using atmospheric conditions presented in figure 5. For perfomn-
ance eveduation, the external drag of the vehicle was assumed to be the
same as the etiernal drag of the test vehicle reported in reference 1.
This assumption was made because the drag coefficients derived from the
flight test of this report were not of sufficient accuracy. Since drag
data could be obtained only after burnout, the drag forces were smsll
because of the low dymamic pressures encountered at the high altitudes,
and hence would have involved the use of accelerometer readings less than
1 percent of full-scsle deflection. The flight test vehicle of this
report is the ssme as the vehicle of reference 1 except that the cowl lip
area of the engines is 3 percent greater. However, external cowl slopes
were the ssme in the engines of both flight vehicles. The engines of
this report, therefore, should have had less pressure drag. Estimates
of this difference in pressure drag show a

%

msximum possible error in
of approximately 2 percent which results in a possible error

externsJ-

fi %G08Sof approximately 1 percent.

The difference in external-drag coefficient of the two flight vehi-
cles is, therefore, not considered significant and the external-drag
coefficient of the vehicle of reference 1 was then added to the net thrust
coefficient to obtain gross thrust coefficient.

The computed fuel-air ratio of the flight was determined by

f,a=mal
‘a9
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All quantities in the above equation could be obtained from the
flight data or theoretically evaluated except vi and ~ for which

ground-test values were used. For ~, unthrottled ground-test values

were used because air mass-flow spillage could not be measure”din flight.

ACCURACY

Preflight Tests

Instruments used in these tests were accurate to ~ percent of their
fWI_-scale range. By accounting for this error and also by observing the
scatter of points in repeated tests, the magnitude of the possible error
is believed to be within the following limits:

Mo. ..o e..
H4/~ ad ‘5/%

‘Po ””””””
M4and~ . . .

CT . . . . . . .

f/a . . . . . .

Vi”””””””

7C ”””’”””

Telemetered
C!WDoppler radar

. . . . . . . . . . . . . . . . . . . . . . .

. ..000 . . . . . . . . . . . . . . . . .

. . . . . . . . . . . . . .. *O. . . . . .

. . . . . . . . . . . . . . . . . . . . . . .

. . . . . . . . . . . . . . . . . . . . . . .

. . . . . . . . . . . . . . . . . . . . . . .
● ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎ ✎

. . . . . . . . . . . .. . . . . . . . . . . ●

Flight

data are accurate to
determined velocity,

Test

*2 percent of full-scale
checked by a free-stream

.

.

.

.

.

.

.

.

*O.01
*o. @

*0.02
*O.02

*O ● 02

*O.002
*O.025

*O.025

range.
pitOt

stagnation probe, is accurate to %L percent at the maximwn Mach number
value of 2.61. Since air mass-flow spillage could not be measured in
flight, an indetemlinate error may exist h the fuel-air ratio at Mach

--–-r —— .—— ——-———-—
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numbers below the design. The magnitude of the possible error is believed
to be within the following limits:

%“””””””””””””””””””””” ““””””””””*””@
%/Ho””””””””””””””””*””””””” ““”” ””*””w
%“””””””””””””””””””” ““”” ”””” ”””” *0”04
f/a . . . . . . . . . . . . . . . . . . . ..+o. ocJt.~= 2.13 to 2.61

indeterminate,M. . 1.9 to 2.13

~SULTS AND DISCUSSION

Preflight Tests

The variation of total-pressure recovery with internal-flow Mach
number at stations k and 5 and the total-pressure recovery between sta-
tions 4 and 5 is presented in figure 6 for the cold-flow variable-exit
area tests at ~ = 2.00 and 2.25 and at combustion performance Wch

numbers of 1.84, 2.06, and 2.21. Good agreement is noted between the
measured total-pressure recoveries of the cold-flow tests and the calcu-
lated total-pressure recoveries of the combustion performance tests.
Generally, the total-pressure recovery increases in value as the internal
Mach number is decreased. At free-jet Mach nunbers of 1.84, 2.~,
and 2.~, the internal Mach number can be reduced to a value where the
total-pressure recovery no longer increases but levels off to a nearly
constant value. (The total-pressure recovery decreases slightly with
decreasing values of M4 or M5 for ~ = 2.C%.) This portion of the
internal Mach number range corresponds to mass-flow spillage after the
internal back pressure has forced the normal shock outside the inlet lip.
The lowest value of internal Mach number is reached when buzz occurs.
The total-pressure recovery between stations 4 and 5 is unity at the
lower values of ~ and decreases to a value of approximately 0.98 at a

value of ~ = 0.287.

The variation of mass-flow ratio with station Mach number M4 is
shown in figure 7. This figure shows that no reduction in mass-flow ratio
was possible with this ram-jet engine without buzz occurring at free-jet
Mach numbers of 2.21 and 2.25. M4 could be reduced to a value of 0.27

at a free-jet Mach number of 2.21 in combustion tests and to a value of
0.26 at ~ = 2.25 in cold-flow tests, at which points buzz occurred.

Some reduction in mass flow was possible at ~ = 2.C%, 2.(X),and 1.84,
startingat avslue of M4s 0.29. The greatest amount of mass-flow spill-

age occurred at Mo = 1.84. The spillage region was found to be very tran-

sitory with slight changes in back pressure causing appreciable reduction



in M4; therefore, the values of M4 at which buzz begins are only

approximate. In the combustion tests, rough burning occurred just before
buzz, causing pulsations in both thrust and pressure readings. Hence,
errors as great as those stated in the section entitled “Accuracy” b

both m/mo and M4 are possible and likely in the mass-flow-spillage

region of these data.

In the portion of figure 7 where- m/mo is constant for the various

free-jet Mach numbers, good agreement is noted with the theoretical values

‘f %/*cowl obtained by the method of reference 2.

The radial distribution of Mach number at stations k and 5 at free.
jet Mach numbers of 2.00 and 2.25 in cold-flow tests and at station 4 at
M. = 2.21 in combustion performance tests are shown in figure 8. The

distribution profiles show a low Mach number region or wake at both the
outer walls and at the innerbody for most of the tests. At ~ = 2.25

H4 H4
and — = 0.66 in cold tests and at ~ = 2.21 and —= 0.63 in com-

Ho Ho

bustion tests, the profile has changed shape abruptly to a separated flow
region off the central body. Comparisons of these and the other profiles
of the cold tests and combustion tests show that the profiles are quite
similar and apparently not affected by combustion.

Static-pressure variation within the inlet at free-jet Mach numbers
of 2.00 and 2.25 is shown in figure 9 by the variation in static-pressure
ratio for a range of static-pressur-eorifice locations on the inlet cen-
tral body for various total-pressure recoveries.

H5
At ~ = 2.00 and — = 0.81, the static-pressureprofile increases

Ho
to a peak value near the inlet minti area and decreases in vslue further

downstream. Since the inlet had a contraction ratio of ~=1.16, the
A3

inlet could not “start” at this Mach number and a shock is located just
inside the inlet lip, indicated by the pressure of the first few orifices,
all being above the theoretical cone surface pressure ratio. Behind this
shock, the throat contraction again causes the internal flow to become
sonic, and past the inlet minimum area the flow becomes supersonic, as
indicated by the decrease in value of Pzpo. As the back pressure is

increased, a normal shock, which was previously located at some station

%. 0.82 by thepast the last pressure orifice, is now evident at
Ho

abrupt rise in

shock is moved

inlet at ~=

Pzpo” As”the back pressure is further increased, the

further toward the minimum area and finally outside the

0.85.

~&&W?&

——..———.— .— .—— -.———-———— ——
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At MO= 2.25 the inlet contraction ratio no longer prevents
‘~startingt’and the first two orifice pressure ratios closely check theo-
retical cone-surface pressure ratio at all test conditions. The flow
inside the inlet is supersonic with expansion waves and reflected oblique
shock waves causing the sharp breaks and changes in the slope of the
static-pressureprofile. Again as the back pressure is increased, the
normal shock is forced upstream toward the minimum area, and then past
the throat to outside the inlet and buzz begins.

Maximum total-pressure recovery for the various test free-jet Mach

%. 0.87 was attainednumbers is presented in figure 10. A value of
Ho

at the minimum free-jet Mach number of 1.84 in combustion performance
H4

tests, whereas a value of — = 0.78 was attained in cold-flow tests at
HO

the maximum free-jet Mach number of 2.25. The differences shown between
cold-flow and combustion performance tests are believed to be due to
experimental methods and reduction of the data and are within the experi-
mental accuracy. A test point at ~ = 2.00 from reference 2 of an inlet

with 20° semiangle cone but with an entrance area 25 percent smaller indi-
cates excellent agreement with the value of total-pressure recovery of the
conibustionperformance tests.

mst coeffic~nt CT as a function of fuel-air ratio f/a is pre-

sented in figure 11 for free-jet Mach numbers 1.84, 2.&, and 2.21. Rich
burnout was not obtained in any of the tests because fuel rate was
decreased to prevent damage to the engine and thrust stand whenever vio-
lent buzz conditions were reached. Maximum thrust
spending fuel-air ratios for the various test Mach
in the following table:

coefficients and corre-
numbers are presented

M f/a %

1.84 0.083 0.77

2.(% .087 .87

2.a .c87 .91

Maximum thrust coefficients were reached at the beginning of buzz. Lean
burnout was accomplished, but the fuel-air ratios at which it occurred
could not be accurately evaluated because of the reduced accuracy of the
fuel-measuring instruments at low fuel rates.

g~
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Air spillage is evident at Mach n~fers 1.84
in the slope of the curve beginning at ~ S=0.05

17

and 2.06 by the change
and ~ = 0.06, respec-

t ively. This slope change is more noticeable at Mach number 2.06 than
it is at Mach number 1.84. At Mach number 2.@ the normal shock is just
inside the entrance of the supersonic diffuser prior to spillage. After
spillage begins, the normal.shock moves ahead of the entrance with a
resulting abrupt increase in tare drag of approx-tely 3.5 percent. At
M = 1.84 the contraction ratio is such that the normal shock is always
ahead of the diffuser entrance, and, therefore) sP~ge tends O~Y to
move the norml shock forward with a more gradual increase in tare drag.

Since the tests at Mach number 2.6 were near the design Mach number
of the inlet, the higher values of thrust coefficient for the same f/a

below $ = 0.07 would be expected because of increased engine cycle

efficiency.

Air impulse efficiency qi and combustion efficiency ~c as a func-

tion of the fuel-air ratio are presented in figure 12 for free-jet Mach
numbers of 1.84, 2.06, and 2.21.. ~ differences in both TIi and TIc
were”found for the three test Mach numbers. Maximum values of air impulse
efficiency of 96 percent and combustion efficiency of 84 percent, were

attained at ~= 0.025. Both Vi ~d vc decrease in value from these

maximum values with-increasing f/a.

The economy of the engine, the specific fuel consumption, as a func-
tion of the fuel-air ratio is also presented in figure 12. The most

feconomical operating point occurs near ~ = 0.035 at a value of specific,
fuel consumption of 2.4 with increasing values of specific fuel consumption
at values of f/a below and above this operating point. The specific fuel
consumption increases in value more gradually at ~ = 2.21 with increasing

values of f/a and is, therefore, a more economical-cruise mch number than
1.84 or 2.ti.

Total pressure recovery H4/HO as a function of thrust coefficient CT

is presented in figure 13. The data show an approximately linear variation
of H4~ with ~ for all three test Mach numbers.

Static pressure ratios P5/Eo at the diffuser exit station, and

P8/Ho at a combustion-chamber station as a fU-IICtiOn of thrust coeffi-

cient ~ are presented in figure14. The data show an approximately

linear variation of both static pressure ratios with CT similar to the

previously noted total-pressure-recoveryvariation with CT. Solid points

of reference 3, the flight-test performance of this engine, show good
agreement.

___ ._ ____.—..— .. — ———— - _.-.——
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Thrust coefficient as a function of free-jet Mach number for a range
of f/a from 0.02 to O.@ is presented in figure 15. The thrust coeffi-
cient ~ reaches a maximum value for nearly all fuel-air ratios at

Mo = 2.13, the design Mach number of the inlet.

The engine of these tests was a modification of the engine of refer-
ence 2, consisting of a 25-percent increase in entrance area to improve
the thrust performance. Data test points from reference 2 at
f– = O.@ and O.~ at free-jet Mach numbers of 1.8 and 2.0 indicatea
thrust performance was increased. The engine of reference 2 reached a

v-due of ~ = 0.69 at ~= 0.06 and CT = 0.80 at ~=0.03 at a
free-jet Mach number of 2?00. The modified engine reac~es values of

CT = 0.83 at ~= 0.C6 and CT = 0.85 at ~ = O.@, representing

increases in ~ at ~ = 2.OO of 20.3 and 6.2 percent, respectively.

In figure 16, the combustor force coefficient, Cc is presented as
a function of the diffuser exit Mach number ~. This dimensionless coef-

ficient, which expresses the ratio of the force at the exit of the com-
bustion chamber to the force Just before combustion is independent of
free-stream Mach number and total temperature and has a linear variation
with diffuser exit Mach number. It, therefore, appears as a parameter
which can be used to predict the thrust performance of other ram-jet
engines by _ cold-flow inlet tests, as

By determining the total-pressure recovery, the diffuser exit Mach
number, and the entrance conditions expressed in the above equation of
any shilar type of ram-jet inlet in cold-flow tests, the combustor force
coefficient can be used to predict the performance of other ram-jet
engines, assuming the engine to use a “donut” burner and ethylene fuel.

It is beyond the scope of this paper to show the analysis of this
parameter. For additional.data and analysis see reference 4.

Typical shadowgraph flow patterns of the ram-jet inlet for the range
of free-jet Mach numbers investigated are presented in figure 17. Forward
movement of the normal shock is evident prior to the beginning of buzz at
free-jet Mach numbers of l.~ and 2.C6 in combustion performance tests and
at a Mach number of 2.00 in cold-flow tests. Mass-flow reduction is not
possible at free-jet Mach numbers of 2.21.and 2.25. In these cases buzz
occurs when the normal shock is first forced from the inlet minimum area
to a position at the entrance to the inlet. A number of random exposures
during the buzz cycle are presented for each free-jet Mach number.
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Static-pressure ratios P5/~ and P8/HO and total-pressure

recovery H51H0
are presented as a function of free-stream Mach number

in figure 18 for the flight-test model. At a Mach number of 1.92 to a
Mach number of 2.28, the attitude of the model was such that it “blanketed”
the antenna signal with respect to the ground-receiving station, and the
telemeter signal as a result was lost during this range of Mach numbers.
Above Mo = 2.28 and for the rest of the flight, the telemeter signal

was uninl%rrupted. The data presented in this figure and ald figures
requiring calculations from telemeter data are faired through this Mach
number range.

Ground-test maximum values of ~/~ are shown in the total-pressure-

recovery plot of figure 18, indicating that the engines were at buzz con-
ditions for ~s1.76 to %=1.85. This is confirmed by the telemeter

record, which showed the characteristic cyclic presswe variation at buzz
which was found in the ground test of this engine. In spite of the
increased drag that results from buzz condition of the engines at these
Mach numbers, the engines accelerated the vehicle to higher Mach numbers,
and buzz ceased. Nearly maximum total-pressure recovery was measured
from Mo = 1.76 to ~ = 2.21.. After ~ = 2.21, the fuel rate decreased

to a value such that the back pressure began to decrease and the total-
pressme-recovery v51ues decreased at a faster rate for the rest of the
flight. Apressure-recovery value of 0.43 was calculated for the &
value of 2.61. Burnout of the ram-jet engines is indicated by the sharp
break in both static-pressure ratio and total-pressure recovery at
MO = 2.48.

The calculated Mach number at station 5 is presented as a function
of the free-stream Mach number in figure 19. The diffuser exit Mach num-
ber varied from a minimum value of 0.215 to a maximum of 0.392. Recorded
pressure traces indicate smooth and stable operation over this wide range
of combustion-chamber entrance Mach numbers.

Thrust coefficient ~net and @Woss, drag coefficient (from

ref. 1), and fuel-air ratio are presented as a function of the free-stream
Mach number in figure 20. Gross thrust coefficient is presented based on
both’the body area and the area of two ram-jet engines. The calculated net
thrust coefficient was added to the external drag coefficient to obtain the
gross thrust coefficient.

A maximum gross thrust coefficient of O.@, based upon the two engine
areas was reached at ~ = 2.36. The curves reverse after ~ .2.61

because of the decrease in flight speed while the engines are operating
at decreased thrust.

-. — —... —— .———— 4—. --.——— –— —-—— —
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Calculated fuel-air ratio is also presented in figure 20 as a
function of the free-stream Mach number. Because the engine was at buzz
condition at the lower values of Mach numbers, f/a could not be calcu-
lated below ~ = 1.X. A maximum value of fuel-air ratio was reached
of 0.042 at ~ = 2.35 and a ‘ - value of 0.022 was reached at burn-

out at ~ = 2.48.

Integration of the ground-test fuel rate from ignition to burnout
of the ram-jet engines yields a value of 18.65 pounds of fuel used.
Integration of the calculated fuel rate, assuming complete heat release
over the same period, yields a value of 13.65 pounds of fuel. The ratio
of fuel consumption calculated for complete heat release to fuel consumed
by the engines give an overall combustion efficiency, qc, of 73 percent.

Integration of the gross thrust over the same the interval yields
a value of total impulse of 23,21k pouud-seconds. By dividing this total
impulse by the 18.65 pounds of fuel (as determinedly integration of the
~ound-test fuel rate) an overall specific impulse ‘f of 1,246 seconds

was obtained.

SUMMARY OF RJ?SULTS

Preflight Tests

The following results were obtained in cold-flow and combustion per-
formance tests of a 6.5-inch-diameter, 200 semiangle conical ram-jet engine
for a range of free-jet ~ch numbers from l.~ to 2.25:

(1) Maximum total-pressure recoveries of 0.88, 0.80, and 0.77 were
obtained at free-jet Wch numbers of J-.84,2.@, and 2.21, respectively,
in combustion performance tests. Maxtium total-pressure recoveries of
0.85 and 0.7’8were obtained at free-jet Mach numbers of 2.00 and 2.25,
respectively, in cold-flow tests.

(2) Maximum thrust coefficients of 0.77 at a fuel-air ratio of f/a

of 0.082, 0.87 at ~ = 0.ti6, and 0.91 at $ = 0.Cf17 at free-jet Mach

numbers of l.~, 2.06, and 2.21-,respectively, tiereobtained. The thrust
coefficient increased in value with increasing total-pressure recovery
until the upper lhit was reached at the beginning of buzz.

(3) Wximum values of air impulse efficiency and combustion efficiency
were 96 and 8L percent, respectively, near a fuel-air ratio of 0.025 and
were relatively independent of free-jet I@ch number.

——.- .—
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(4) The lowest value of specific fuel consumption was 2.4 at
f—= 0.035 at a free-jet Mach number of 2.05.
a

(5) hcreases in thrust coefficient of 20.3 percent and 6.2 percent
at fuel-air ratios of 0.(% and 0.08, respectively, were found at a Mach
number of 2.00 over values of thrust coefficient attained with an engine
of identical desiga except for a 25-percent-smaller captme area.

Flight Test

In this flight investigation of a ram-jet test vehicle, the following
results were obtained:

(1) Both ram-jet engines operated satisfactorily at sltitudes from
l,400to 63,600.feet and over a Mach number range from l.74 to 2.61.

(2) The ram-jet engines buzzed from a free-stream Mach nmiber of
approximately 1.76 to a free-stream Mach number of approximately 1.85;
however, the engines were able to sustain combustion and accelerated the
vehicle to higher Mach numbers where buzz ceased.

(3) A maxm grOSS thrust coefficient based on the two engine areas
(0.462 square foot) of O.~ was reached at a free-stresm Mach number of
2.36.

(4) An overall combustion efficiency of 73 percent and an overti
fuel specific impulse of 1,246 seconds were calculated for the flight.

Langley Aeronautical Laboratory,
National Advisory Committee for Aeronautics,

La@ley Field, Vs., August 24, 1953.

dNi@-~,3
.“
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APPENDIX

NACA RM L53H28

DETERMINATION OF CCMN.E3TIONEFFICIENCY

The combustion efficiency is defined as

Ahv~=—
‘fl’lc

For constant pressure conibustionthe heat release as a function of
the temperature rise is

m=@.+‘f)[(cP)c(TS)J - ‘a~@)m(Ts)b]

Then,

(1+~)(cp)c(Ts)~- (cP)m(TS)~

~c = f#c

At throat station a, M = l.~. Then,

()-1
Ts=T+T~

CP’7YR
( - l)J

Therefore,

(~)c(Ts)a=(cP)cT~ + # Ta
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Since from reference 5

If the enthalpy of
bustion efficiency

J’Cp @r
‘p=(T.)a - (T.h)

air is arbitrarily taken as
becomes

23

zero at 540° R, the com-

(’+ ;)(cp)~(’a - 540)+ ~ - @p)m[(T& - 54]

7C = &
ac

In the calculation of combustion efficiency from the above equation,
theoretical values were calculated for R and ya along with the
assumption that injection fuel temperature was the same as the air inlet
temperature with a datum of 540° R. Results compared favorably with qc

as obtained from charts of reference 6.

.

—.— ...—.———- ————. ——
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TABLE I

COORDINATES OF THE RAM-JET INLET COWL AND CENTRAL BODY

Inlet-cowl coordinates

tation,
n. from
one tip

3.020
3.170

13.000

23.563

z .563

Radius,
in.

IR&ernal

2.21_5
2.270

(a)

3.300

(a)

3.300

Internal

2.

2.970
(a)

3.250

Central-body
coordinates

Station,
in. from
cone tip

o

3.5ca
3.600
3.700
3.800
3.900
4.000
4.120
4.620
5.120
5.620
6.120
6.620
7.000
8.000
9.cQo

10.000
I-1.000
12.000
13.000
14.000

Radius,
in.

o

I
(a)

I
1.272
1.316
1.338
1.356
1.376
1.390
1.400
1.438
1.468
1.490
1.504
1 ●510
1.510
1.500
1.480
1.440
1.380
1.310
1.240
1.170

-
astraight-line variation between stations.

25
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TABLE II

GROUND TESTS:

STATIC TEMPERATURE AND REYNOLDS NUMBER RANGE

Static Reynolds number,
Free-jet temperature based on

Mach number range, inlet diameter
%’

1.84 65 to 77 4.62 to 4.73 X 106

2.00 0 to 10 5.g2to 6.13

2.(% 45 to 69 5.27 to 5.58

2.21 27 tO 47 6.62 to 6.87

2.25 0 to 14 5.93 to 6.28

-
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(a) Ram-jet

‘1
I
I
I

%_

L-76704

engine mounted on thrust-drag stand for combustion tests.

Figure l.- The ram-jet test configuration.

&iikM’is!l%z-””
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(b) Ram-jet engine fitted with fixed-exit-area tail plug for

L-76700
cold-flow

tests.

L-68520
(c) Variable-exit-area cold-test installation. -

Figure 1.- Continued.

—
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(d) Ram-jet flJ@t test model and double-rocket booster
attitude.

FiWe 1.- Concluded.

L-72~8
unit in launching

— —.. —..— --— — ———— --—



(a) Combustion performance test arrangement,

Twssumr’ “)

./-/-----17
.—. —.— .—. —

B

mall A

(b) Fixed-exit-area cold test arrmgement,

\ ,.- ..- w,

.— .—.

-+ 6.. +,+..~ u.. 1

(c) Variable-exit-area cold test arrangement,

Figure 2.- Ram-jet model test confi~tlona showing principal dimwalons

and pressure measuring stations. S denotes stitic Orifice. ~

dimensions are in inches.
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(d) General arrangement of fMght te6t vehicle. All. dimenai.onE are in
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Figure 2.- Continued.
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(e) DetailB of flight-vehicle fins and mgines.

inches.

v O.om rd. at tlp

A

980ti-m A-A

All Mmensions are in

Figure 2.- Concluded.
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Figure 3.- Station notation for ram-jet ccmbwtion and cold-flow test
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‘a
&

16 X @

12

8

4

o
1.6 1,8 2.0 2*2 2s4 2.6 2.8

Fme-stmam Mach number,~

Figure 5.- Static-pressure ratio, static-temperature ratio, and Reynolds
nuniberper foot as a function of free-streamhch nuniberfor the flight
test model.
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(a) Station4.

(b) Diffuser exit, station 5.

Figure 6.- Total-pressure recoverg at and between stations 4 and 5 as a
function of the station Mach nunibersas obtained in preflight tests.
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